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Aireraft for Cruise and Boost Missions

Rricuarp H. PETERSEN,* THOMAS J. GrEGORY,* AND Cy~Nra1A L. SMITHT
NASA Headquarters, Moffett Field, Calif.

The results of a launch-vehicle mission analysis are presented and compared with those of a
previous analysis of hypersonic transport missions. The launch vehicles studied consist of
hypersonice aircraft first stages, which are powered by hydrogen-fueled, subsonic-burning
turboramjets, and Hy;-0O, rockel second stages. A parametric investigation of the vehicle
characteristies and the trajectory is presented and used to indicate the maximum paylcad
capability of Lhe launch systems. First-stage parameters that were varied include wing load-
ing, fuselage slenderness ratio, wing thickness, and aspect ratio. Trajectory parameters that
were varied include lateral-range requirement, cruise Mach number, and turn radias. Param-
eters examined that affect the staging mancuver include maximum normal acceleration,
maximum allowable angle of attack, and dynamic pressure at staging. The parametric trade-
off's reflect the variations in fuel consumption caused by aerodynamic and propulsive efficiency
changes and the variations in structural weight because of environmental heating and struc-
tural loading changes. The results indicate that launch vehicles are characterized by lower
fuselage volumes and higher wing loadings than those associated with a hypersonic transport,
but only small penalties result from using transport-like characteristics for the launch ve-
hicles. Although the launch vehicle geomelries and trajectories differ from those of a trans-
port, the technology requirements are found to be similar.
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Some Comparisons of Turboramjet-Powered Hypersonie

Introduction

ECLENT mission studies!~* have indicated that hydrogen-
fucled, air-breathing, hypersonic aircraft have attractive
performance capabilities for both cruise and boost missions.
For cruise missions such aireraft offer promise of carrying
sizable payloads over large ranges at high speed.  When used
as the first stage of an orbital launch svstem they are poten-
tially capable of placing manned payloads in Earth orbit,
inherently reusable, can operate from existing airfields; and
can be designed to launch into orbital planes at a considerable
distance from their base. Although the cost of developing
either a cruise or a launch vehicle would be high, it is possible
that a large portion of the cost might be equally applicable to
either type of vehicle. In this event, both a eruise vehicle and
a Jaunch vehicle could be developed for only a slightly greater
cost, and the development costs could be spread over many
more aircraft and missions. In order to assess these possi-
bilities, it is necessary to investigate the performance capa-
bilities of both cruise and launch aireraft and to determine to
what extent the vehicles and thelr associated technology re-
quirements are similar.

In a previous paper? the results of a parametric study of the
performance of hypersonic cruise aircraft were reported. The
purpose of the current paper is to present the results of a sim-
ilar study of hypersonic, airbreathing, launch vehicles and
to compare these results with those obtained for the cruise
mission. The following discussions refer primarily to the
performance and design tradeoffs associated with launch ve-
hicles. These tradeoffs are analyzed in order to obtain pre-
liminary estimates of the performance and other characteris-
ties of near-optimum vehicles. Where appropriate, refer-
ences will be made to the results of the carlier eruise-vehicle
study. The methods and approaches used in the launch-
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vehicle analysis will be discussed first; then the results of the
tradeoff studies will be presented.

Methods

A preliminary mission analysis of launch vehicles involves
determining the wvalues of vehicle parameters that yield
maximum payload in orbit. Most parameters influence both
the inert weight and the fuel weight of the vehicles, usually
with opposing effects on the payload. To determine these
effects, the present analysis utilized a mathematical-model
technique in which computations of structural weight, aevo-
dynamic performance, and propulsion-system performance
were based on vehicle geometry, sizing, and trajectory param-
eters. These computations were performed on a digital com-
puter in conjunction with trajectory computations. The
integrated computations simulated the flight of both stages of
the vehicle and properly related the separate problems of
structural weight and fuel consumption.

Analysis Model

The first-stage vehicles chosen for analysis had large volume
fuselages, triangular wings, and suitable tail surfaces. A
typical configuration is shown in Fig. 1. The aerodynamic
lift and drag of each configuration were estimated*=# from its
geometry and flight Mach number; the estimates of friction
drag included the effects of the trajectory on Reynolds
number. The structural weights and thermal-protection
weights were cstimated? ' from the vehicle geometry, imposed
loads, and temperature environment. The airframe skin and
leading edges were considered to be cooled by radiation, but
regencrative cooling was considered for the internal surfaces
of the propulsion system. The propulsion-system inlet was
placed in the wing compression field and was a variable-
geometry, mixed-compression type. The pressure recovery
was cestimated but also was varied as a parameter.  The
engines were hydrogen-fueled, subsonic-burning turboram-
jets. "The engine and exhaust-nozzle performance and weight
were derived from manufacturers’ estimated data. The ex-
haust-nozzle flow was assumed to be in equilibrium.™*
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Asindicated in Fig. 1, the second stage was considered to be
carried internally. It was assumed to be an expendable bal-
listic rocket, powered by a liquid-oxygen—Iliquid-hydrogen
rocket engine. The orbital payload was considered to be
carried in the nose of the second stage.

Mission Trajectories

The nominal climb trajectory used in the present study is
shown in Fig. 2. It consists of a typical subsonic climb, fol-
lowed at higher speeds by a chmb along a 3 pst sonte-boom
overpressure line'?' to about Mach number 3, and then a
climb at a dynamic pressure of 2000 psf.  This trajectory is
consistent with the nominal one that was used in the cruise-
vehicle study.®  While the sonic-hoom limit is somewhat high,
it is based on far-field effects.  Recent research on near-field
effects' indicates that properly designed aireraft may be able
to fly trajectories such as the one shown in Fig. 2 with greatly
reduced sonic overpressures. Furthermore, launch vehieles
probably would be operated from more izolated areas and
much less frequently than transport aireraft.

Three typical ground paths for the boost mission are shown
in Fig. 3. Since awrbreathing aircraft are suited well to
cruising in the atmosphere before launching their second stage,
they can be used to launch payloads into orbital planes at
some distance from their base. To investigate this capa-
bility, one of the vehicles in the following study was required
to have a lateral range capability of 2000 naut miles (lateral
ranee is defined as the perpendicular distance [rom the takeoff
point of the aircraft to the launch plane of the second stagce),
and its performance was investigated for lateral ranges from
010 2000 nautical miles. Since a requirement for lateral range
influences the vehicle configuration, a second vehicle with no
lateral range requirement also was studied.  In all cases, the
first stage was considered to return to 1ts takeoff site by eruis-
ing at its design Mach number and making a maximum L/D
descent. At the shorter lateral ranges this type of retun
flight may not be optimum, but it does give an indication of
performance potential. The ground paths shown in Fig. 3
are drawn to scale for 1.5 g turns at a design Mach number of 7.

Second-Stage Launch Maneuver

If the second stage is launched from the first stage in level
flight, the high dynamic pressure can cause separation prob-
lems and the second stage will suffer high drag losses before it
climbs out of the sensible atmosphere.  Te avoid these diffi-
culties, 1t was assumed that the first stage would perform a
pull-up maneuver before launching the second stage. For
the second stage, the ascent trajectory involved two periods of
burning for the rocket engine. The first burn established a
Hohmann transfer ellipse, and the second burn injected the
entire second stage into a circular orbit at 262 naut miles.
A steepest-ascent computer program!®18 was used to optimize
the angle-of-attack schedule during the first burn; the second
burn was assumed te be impulsive,

Fig.1 Typical configuration.
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Fig. 2 Nominal elimb trajectory.

Tradeoll Results

The results of the launch-vehiele tradeoff studies will cover
some of the effects of thrust loading, inlet performance, fuse-
lage fineness ratio, wing loading, aspect rvatio, wing thickness
ratio, first-stage turn radius, second-stage launch maneuver,
design Mach number, and lateral range.  In most cases, the
results will be presented in terms of {ractions of the vehicle
gross takeoff weight, with the objective being to obtain a
maximum fraction for the second-stage launch weight. The
payload in orbit generally is not shown because the ratio of
payload weight to second-stage launch weight is usually
constant; when this ratio is not constant, the payload frac-
tion in orbit will be indicated.  Resulls usually are presented
for a vehicle designed for 2000-naut-miles lateral range and
for one designed for zero range.  In this way the influence of
the lateral-range requirement will be evaluated.

The nominal vchicles for the tradeoff studies had a gross
takeoff weight of 500,000 b and a design Mach number of 7.
They had a fuselage fineness ratio of 14, a takeoff wing loading
of 80 psf, and a takeoff thrust loading of 0.50. The wing
aspect ratio and thickness ratio were 1.45 (leading-edge sweep
of 70°) and 0.04, respectively. The 2000-naut-mile vehicle
had a fuselage volume of 56,600 {t3, while the {usclage
volume of the zero-range vehicle was 42,000 £,

Engine

The results ol the tradeoff in turbojet size are shown in
Fig. 4. The thrust loading, i.c., the ratio of takeoff thrust to
gross takeoff weight, was used as a measure of turbojet size.
The propulsion-system weight, of course, increased with in-
creasing turbojet size; but the fuel consumption decreased
because of the shorter times involved in accelerating, partic-
wlarly through the transonic speed regime. The airframe
weights decreased slightly at the higher thrust-to-weight
ratios because of the reduction in fuel-tank size. The second-
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Fig. 3 First-stage ground paths.
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Fig. 4 Effect of thrust loading.

stage launch weight was maximum for a thrust loading of 0.55
for both the 2000-mile vehicle and the zero-range vehicle.
This value compares to an optimum thrust loading of 0.45
for the cruise vehicles studied earlicr.? However, in all cases
the curves in Fig. 4 are quite flat, and a thrust loading of 0.50
was used as nominal in the present study.

For the present study, the ramjet was operated at stoichio-
metric fuel-air ratio and was sized so that the aireraft would
cruise near (L/D)max.” Parametric variations of both fucl-air
ratio and ramjet size indicated that these conditions gave near
optimum performance for both the 2000-mile vehicle and the
zero-range vehicle (and also for the cruise vehicle?).

Dynamic Pressure

Although the nominal climb path was limited to a dynamic
pressure of 2000 psf, several climb paths with different dy-
namic pressure limitations also were investigated. As indi-
cated in Fig. 5, the airframe weight was relatively insensitive
to dynamic pressure limits. The present study did not con-
sider aeroelastic effects which arc difficult to estimate without
detailed structural models. However, aeroelastic problems
normally can be solved by good structural design without in-
curring weight penalties, and therefore, the trend shown in
Fig. 5 probably is valid. Since the internal pressurc in the
inlet and engine was limited to 200 psi, the propulsion-system
weight also did not vary with changes in the dynamic pressure
limits. For the zero-range vehicle, the greater time and
distance required to climb along a lower dynamic pressure
trajectory resulted in greater fuel consumption both before
the launch and on the return flight. Thus, a high dynamic
pressure limit appears favorable for the zero-range vehicle.
TFor the 2000-naut-mile mission, the additional time to climb
did not result in severe performance penalties because the
latter portion of climbing flight is almost as efficient as cruise
flight. The results for the 2000-naut-mile mission are similar
to those obtained in the cruise vehicle studies’; the per-
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formance is relatively constant for dynamic pressures between
1000 and 2500 psf. If the 2000-naut-mile vehicle also would
be required to perform zero-range missions, it probably is
preferable to design it for a dynamic pressure of 2000 or 2500
psf so that it could perform both short and long range missions
efficiently.

Inlet

The standard pressure-recovery schedule used in this study
is shown in Fig. 6a. It is derived from a schedule suggested
by the military (MIL-E-50081).17 The military schedule is
referenced to freestream conditions, but in the present study
it was desired to consider the effects of wing angle of attack.
For this purpose, the military schedule was considered to cor-
respond to a wing angle of attack of 6°. With this assump-
tion, the schedule shown in Fig. 6a, which 1s based on condi-
tions in the flowfield just ahead of the inlet, was obtained.
When this schedule is used with a trajectory having a dynamic
pressure of 2000 psf, the internal pressure in the propulsion
system reaches a maximum of 400 psi, which results in a rela-
tively heavy inlet and engine. An investigation was made to
determine if the over-all performance was improved by reduc-
ing the pressure recovery sufficiently to restrict the internal
pressure to a given value. Figure 6b shows the tradeoff with
maximum allowable internal pressure, whereas the dotted
lines in Fig. 6a indicate the recovery schedules associated with
each value of the internal pressure.  (Note that as the airplanc
approaches its maximum Mach number and climbs to eruise
altitude, the recovery schedules double back because of
changes in the ambient pressure and in the wing compression
field Mach number.) As expected, the propulsion-system
weight decreases as the allowable internal pressure is decreased
and the fuel consumption increases because of the reduced
pressure recovery. The second-stage curve indicates a rela-
tively flat optimum for internal pressure limits of 150 to 200
psi. The results shown are for launch vehicles with a 2000~
mile lateral range, but similar results were obtained in the
present study for the zero-range vehicle and previously for
cruise vehicles.® In all three cases a nominal internal pressure
limit of 200 psi was chosen.

[t also is interesting to investigate what would happen if
the standard pressure-recovery schedule could not be achieved.
In Fig. 7a, the standard schedule is shown again along with
several schedules which are identical up to Mach number 3,
but the pressure recovery then is reduced to various per-
centages of the standard recovery at an inlet Mach number of
6. The percentage reduction was assumed to vary linearly
with Mach number. The line representing a 200-psi internal
pressure limit also is shown because the pressure recovery was
not allowed to exceed the recovery that gave a pressure of 200
psi. The mission performance with the reduced pressure-
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Fig. 7 Effect of inlet pressure recovery.

recovery schedules is presented in ig. 7b. The airframe and
propulsion weights are insensitive fo changes in pressure-
recovery schedule, but the fucl weight increases as the ve-
covery is reduced with resulting losses in second-stage weight.
However, the losses are not severe for a pressure recovery of
809% of nominal, which indicates that the mission performance
is not sensitive to small reductions in pressure recovery.  This
conclusion also was found to be valid for the zero-range
vehiele and the cruise vehiele.?

Fusclage

Results of the tradeoffs related to fusclage fineness ratio are
shown in Fig. 8 As the fuselage length increases, its weight
increases as indicated by the dotted line.  The curve of total
airframe weight has a slightly different shape because of differ-
ences in fuel tank sizes, but the trend of inereasing weight is
nearly the same. Both the propulsion-system weight and the
fuel weight decrcase with increasing fineness ratio because of
the reduction in drag. The resulting second-stage weight is
maximum at a fineness ratio of about 14, the nominal value
used in the present study.  This value corresponds to a length
of 288 ft, for the 2000-naut-mile vehicle, which has a fusclage
volume of 56,600 {t3; the zero-range vehicle has a length of
261 ft and a volume of 42,000 ft®. Although the cruise
vehicle also carried a maximum payload for a fineness ratio of
about 14, a pominal value of 12 was used 1n the cruise study?
to reduce the fuselage length. The nominal cruise vehicle
had a length of 285 {t and a volume of 71,500 ft3.

Wing
The effect of changes in takeoff wing loading is indicated

in Fig. 9. As shown by the dotted line, the wing weight de-
creases as wing size decereases.  The weights of the remainder
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Fig. 8 Effect of fuselage fineness ratio.
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of the airframe and of the propulsion system are almost un-
affected by the change in wing loading. A slight increase in
fuel welght with increased wing loading results from the reduce-
tion in hift-drag ratio due to the smaller wing.  The maximum
second-stage weight was achieved at a wing loading of about
120 psf, but it will be shown, subsequently, that this wing
loading is probably too high for landing and takeoff.  Thus, a
nominal wing loading of 80 psf, which corresponds to the
optimum value obtained in the eruise-vehicle study,® also wax
used in the present study, although 1t resulted in some degra-
dation of performance.

The wing aspect ratio tradeoff shown in Fig. 10 indicates
that the small reduction in wing weight with lower aspect
ratio results in a corresponding small increase in second-stage
weight. Again, such a trend may not be usable since lower
aspect ratios make the landing and takeoff problem more
severe. In fact, the shallow slope of the curves in Iig. 10
suggests that aspect ratios higher than 1.45, the nominal for
this study, might give improved low-speed performance with
only slight payload penalties. Ilssentially, the same con-
clusions were true for cruise vehieles.?

The results in Fig. 11 give an indication of the landing
problem. The angle of attack nccessary for a touchdown
speed of 175 knots is shown as a function of the aspeet ratio
and takeoff wing loading. (For these results. the ground
effect is neglected, and it is assumed that the second-stage
oxidizer would be jettisoned in an emergeney resulting in a
maximum landing weight of about 809, of the gross takeoff
weight.) For the nominal study vehicle with an aspect ratio
of 1.45 and a takeoff wing loading of 80 psf, an angle of attack
of about 16° is required. Of course, normal landings will be
at lower weights so that the angle and/or the speed could be
reduced somewhat. It is obvious, however, that landing and
takeoff requirements will have a strong influence on the design
of both cruise and launch vehicles.

The effect of changes in the wing thickness ratio s shown
in Fig. 12, The primary change in airframe weight resulted
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Fig. 10 Effect of wing aspect ratio.



402 PETERSEN, GREGORY, AND SMITH

32 -
TOUCHDOWN SPEED = 175 knots
28 —
24 —
WINT(?KLEO%FF
ANGLE OF 20 - DING
ATTACK, deg
120
i6 -
100
12 - 80
60
8L ! | i
.8 1.2 1.6 2.0

ASPECT RATIO
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from the change in wing weight, which decreased as the wing
thickness increased. However, the thicker wings created
higher drag with attendant inereases in propulsion and fuel
weight.  As a result, the second-stage weight peaked near a
thickness ratio of 0.04, the nominal value used in this study.
The cruise-vehicle study® showed the same result, an optimum
thickness ratio of 0.04.

Ground Path

The ground paths shown in Fig. 3 were obtained with 1.5 ¢
turns at a Mach number of 7. It is interesting to examine
various turn radii since tighter turns decrease the path length
but increase drag and sometimes design structural loads.
The resulting effects on weight are shown in Fig. 13 as a
function of the normal load factor in the turn.  Both the air-
frame weight and the propulsion system weight are constant
up to a load factor of 2.5, which is the design load factor
assumed for cruise flight. Above this load factor, the air-
frame weight increases because the design load factor must be
inereased.  The fuel weight fraction increases very slowly as
the load factor is increased from 1.25, indicating that the
increase fuel consumption in the high-g turns more than com-
pensates for the decrease in fuel consumption due to shorter
flight paths. It appears then that the requirement for high-
speed turns will not have a significant effect on the design of
the launch vehicle sinee these turns can be performed at rela-
tively low load factors.

Launch Maneuver and Second-Stage Trajectory

As was indicated previously, the airbreathing first stage was
considered to perform a pull-up maneuver before launching
the second stage. This maneuver has two advantages; it
results in improved performance by reducing sccond-stage
drag and gravity losses; and it reduces the dynamie pressure

d) LATERAL RANGE=0 b)LATERAL RANGE=2000n.mi.

1.0
SECOND STAGE
8 SECOND STAGE _
' . \_‘—/
\/
6 - - FUEL
FUEL
WEIGHT —_— —_—
ACTION
FRACTI A7 PROPULSION = PROPULSION
—FROPULSION —FROPULSION
2 - AIRFRAME _ AIRFRAME
wING T~ WiNG T
[o)) S RS S
02 .04 .06 08 .02 04 06 .08

WING THICKNESS RATIO

Fig. 12 Effect of wing thickness ratio.

J. AIRCRAFT

a) LATERAL RANGE=0  DILATERAL RANGE=2000n.mi

10
SECOND STAGE

g_ SECOND STAGE ~

. -

6- - FUEL
WEIGHT FUEL
FRACTION - —_—

4-  PROPULSION _ PROPULSION

__PROPULSION __
2 -
AIRFRAME AIRFRAME

o4t ] SN D S|
I 2 3 4 | 2 3 4
LOAD FACTOR IN RETURN LOAD FACTOR IN TURNS

Fig. 13 Effect of load factor in turns.

at launch, which eases the problems associated with separating
the two stages. A typical launch maneuver and second-stage
trajectory are shown in Figs. 14 and 15. The first stage
started from the Mach 7 cruise condition and pulled up with a
normal load factor of 1.5. Second-stage launches were as-
sumed from successive points along the first-stage trajectory,
and it was determined that the launch point shown in the
figures gave maximum payload in orbit. The angle-of-attack
time history for the second stage was determined with a
steepest-aseent optimization program. (The slight increase
in dynamic pressure shown in Fig. 15 at the end of the tra-
jectory can be eliminated with no loss in payload by slightly
modifying the angle-of-attack history.) The figure shows the
trajectory only for the first burn of the second stage; the
second stage then coasts halfway around the earth and makes
a short second burn to achieve a circular orbit at 262 naut
miles. For the conditions shown in Figs. 14 and 15, the
velocity increment in the second burn i1s 394 fps.

With a given aircraft and an initial set of flight conditions,
the first-stage pull-up was considered to be controlled by first
holding a constant normal load factor until a specified angle
of attack was reached and then holding that maximum angle
of attack constant. The effects of varying the pull-up load
factor and the maximum angle of attack are shown in Fig. 16.
Maximum performance in terms of the payload in carth orbit
was obtained for a pull-up load factor of 2.5, but the payload
degradation associated with a 1.5 ¢ pull-up was only 0.59%,.
Since the lower load factor pull-up cases the structural and
thermal problems of the first stage and also results in a lower
dynamic pressure at launch, a load factor of 1.5 and an angle-
of-attack limit of 15° were used to define the nominal pull-up.

The effects on the payload delivered to orbit of the dynamic
pressure at the start of the pull-up and at launch are shown in
Tig. 17.  Tor the nominal configuration, the dynamic pressure
during the cruise portion of flight is 834 psf. The design
dynamie pressure for this configuration is 2000 psf. It was
thought that better performance might be obtained if the
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Fig. 14 Nominal launch maneuver.
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pull-up were initiated at a lower altitude corresponding to the
higher dynamic pressure.  As indicated in the figure, this
proved to be the case, but the improvement in the payload
was Jess than 0.59%;; and the dynamic pressure at launch was
400 psf as compared to 300 pst when the pull-up was initiated
from the cruise altitude.  For these reasons, the pull-up from
the cruise altitude was considered as the nominal case. The
results in Fig. 17 also show the penalty associated with reduc-
ing fwrther the Jaunch dynamic pressure; a reduction from
300 to 100 psi can be obtained with a payload reduction of 39.
Thus, if stage separation proves to be a severe problem, some
of the difficulty could be reduced by launching somewhat later
in the first-stage pull~up and aceepting some loss in payload.

It appears then that neither the high-speed twrns nor the
pull-up maneuver associated with the launch missions result
in unusual load-factor design requirements for the first stage.
In fact, the nominal cruise vehiele from the previous study,?
which had a design load factor of 2.5, is fully capable, in this
regard, of the required turn and pull-up mancuvers.

The performance tradeoff with second-stage initial thrust
loading is shown in Fig. 18.  Although the propellant weight
decreased slightly at higher thrust loadings, the rocket engine
weight increased; consequently, the maximum payload was
obtained for initial thrust loadings of 1.5 or slightly less. In
drawing the curves of Fig. 18, it was assumed that the second-
stage structural weight was constant. In fact, this weight
probably would increase at the higher thrust loadings causing
further reductions in the payload. The propulsion weight in
the figure is based on a rocket engine thrust-to-weight ratio of
70, but even assuming a more optimistic ratio of 100 does not
change the optimum significantly. Therefore, an initial thrust
loading of 1.5 was used in the present study.

With an initial thrust loading of 1.5 and a constant thrust
engine, the maximum acceleration of the second stage is
almost 8 g.  If the rocket engine can be throttled to about
409, of full thrust, it is possible to limit the second-stage
acceleration to 3 g. Such a limit is desirable for manned
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Fig. 16 Effect of first-stage pull-up on second-stage
performance.
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Fig. 17 Effect of launch dynamic pressure on second-stage
performance.

vehicles, although not necessary. It was found that for
optimized second-stage trajectories with thrust histories limit-
ing the acceleration to 3 ¢, the increase in propellant weight
amounted to only 0.59, of the payload weight. Therefore,
if the throttleable engine does not weigh considerably more
than a fixed-thrust engine, the second-stage acceleration can
be limited to 3 ¢ with only a small penalty in payload capa-
bility.

Design Mach Number

The effect of varying the first-stage design Mach number in
the range from 4 to 7 is shown in Fig. 19.  As expected, the
airframe, propulsion, and fuel weights increased with increas-
ing Mach number resulting in reductions in the second-stage
launch weights.  Of course, at the lower launch velocities the
sccond stage must provide a higher velocity inerement.  The
resulting payload curve at the top of Fig. 19 indicates a rather
flat maximum in the region between Mach numbers 6 and 7,
with poorer performance at lower speeds. Speeds above
Mach number 7 were not considered in the present study be-
cause of the engine cooling problems associated with subsonic-
burning ramjets at higher speeds.  Although the payload in
orbit was slightly better at Mach number 7, a launch vehicle
operating at Mach number 6 might be of special interest
because the previous study® of eruise vehicles showed best
payload performance at this speed. With this choice, the
technology requirements for both vchicles would be virtually
identical.

Lateral Range

The orbital payload capability of the various vehicles
studied is presented in Fig. 20 as a function of the mission
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Fig. 18 Effect of second-stage thrust loading.
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lateral range. Al the vehicles in this comparison had a gross
takeoff weight of 500,000 1b. The circled point at zero
lateral range indicates a payload capability of about 20,000
b for the vehicle that was designed with no lateral range
requirement. (Actually, this zero-range vehicle could provide
several hundred nautical miles of lateral range if it were not
required to return to its takeoftf point but instead was allowed
to land at a convenient alternate field.) The square point
above the circle represents the maximum zero-range capability
of about 22,000 1b when the first stage contains no fuel after
launch but is allowed to glide to a convenient landing field.
The solid line represents the capability of a first stage designed
to provide 2000 naut miles of lateral range. Second-stage
sizes are varied with lateral range to provide maximum pay-
load. If two properly sized second stages were used, this
vehicle could orbit almost 19,000 1b at zero lateral range and
about 13,500 1b at 2000-naut-miles lateral range. All the
vehicles mentioned previously were designed for Mach number
7 operation, but nearly equal performance could be obtained
with the Mach 6 vehicles.

The dotted line in Fig. 20 indicates the launch performance
capability of the 500,000 Ib, Mach 6 cruise vehicle which was
studied previously.? As was mentioned, this aircraft can fly
the study launch missions without difficulty, and in addition,
it has sufficient fuselage volume to contain the necessary
second stage. With a suitably modified fuselage, the cruise
vehicle is capable of placing about 16,500 1b in orbit at zero
lateral range; at 2000-naut-miles lateral range, its payload
capability is about 12,000 1b.

The primary difference among the vehicles whose perfor-
mance is shown in Fig. 20 is their fuselage volume which ranges
from 42,000 ft3 for the zero-range launch vehicle to 71,500
ft3 for the cruise aireraft. In most other respects, the con-
figurations are quite similar and the technologies required for
their development appear to be virtually identical, with the
exception, of course, of those technologies specifically related
to the launch of the second stage.

Conclusions

The results of the present study indicate, once more, that
a hydrogen-fueled, airbreathing, hypersonic aircraft can pro-
vide excellent performance when used as the first stage of an
orbital launch system. For example, such an aireraft, grossing
500,000 1b, could take off from an airfield in the southern
United States, cruise until it reached the vicinity of the equa-
tor, launch a second stage carrying a 13,000 b, manned
entry vehicle into an equatorial orbit, and return to its home
base. The same aircraft, with a larger second stage, could
orbit about 19,000 1b for a launch mission without the cruise
requirement.

A comparison of the results of the present study with a
previous study of hypersonic cruise vehicles indicates that
both types of vehicles have similar characteristics. The pri-
mary difference between them is their fuselage volume; the
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cruize vehicles have considerably more volume than the launch
vehicles.  Although it appears desirable for the launch ve-
hicles to have higher wing loadings than the cruise vehicles,
takcoff and landing requirements tend to limit the wing
loading of the launch vehicles to about the values used for
cruise vehicles.  Although high-speed maneuvers are required
during the launch mission, optimum performance was ob-
tained when these maneuvers were done at low load factors,
and as a result, the structural and thermal problems appear
no more severe for a launch mission than for a cruise misston.
In fact, the study indicated that, with a fuselage modified to
contain a second stage, the cruise vehicle would be capable of
very respectable performance on a launch mission.

The quantitative results of the present study are based on
rather restricted configurations and propulsion systems.
Continued studies based on a broader range of configurations
and engines, and on the results of continued aerodynamic,
structural, and propulsion research, are necessary to determine
the ultimate performance capabilities of turboramjet-powered,
hypersonic aireraft. However, the present study does indi-
cate that the technologies required for the development of
both a cruise vehicle and a launch vehicle are practically
identical; the only major difficulty uniquely associated with
the launch mission is the possible problem of separating the
two stages satisfactorily at launch. Finally, the study results
suggest that a design Mach number of 6 is reasonable for air-
eraft powered by subsonic-burning turboramjets; higher de-
sien speeds increase the technology problems while offering
only minor performance gains.
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Some Experimental Contributions on Single Degree-of-Freedom

Flutter in Two-Dimensional Low Supersonic Flow

YasuHARU NARAMURA™ AND YosHIKAZT TAaNABET
National Aerospace Laboralory, Chohu, Tokyo. Japan

Two experimental investigations on the low supersonic instabilities were conducted in
transonic wind tunnels. Firstly, the results are presented of the measurement of the un-
steady pitching moment of a two-dimensional airfoil performing pitching oscillations in low
supersonic flow. Secondly, a rotational motion of a flap has been investigated with a two-
dimensional airfoil-flap combination model. A simple free oscillation method was adopted
in the test in order Lo obtain the unsteady aerodynamic coeflicients for oscillations at small
amplitudes. Optical observations were made of the flowfield around the airfoil-flap combina-
tion model by using a highspeed cine camera for the case where the flap was hinged freely by
ball bearings at both ends. In the firsL experiment, pure pitching instability of the airfoil
was observed with the appropriate axis positions for all the values of Mach number and re-
duced frequency that were obtained. Rotational instability of the flap was observed also in
the second experiment at every Mach number of the test. It is concluded from the results
that the inviscid flow over the surfaces of the airfoil would be responsible primarily for the

onset of these instabilities.

Nomenclature
I = moment of inertia of the system, kg-m-sec?
H = unsteady aerodynamic hinge moment,
_ H = pov2csl(hgB + cr/ve h3B)
M = unsteady aerodynamic pitching moment
M = pov2cUmed + ¢/ve mi)
M. = freestream Mach number
¢ = airfoil chord
¢y = flap chord
d = thickness of the metal strips used for eross spring pivots
mimn
fo = stillair frequency of the system, cps
I = frequency of flap oscillation, cps
Z‘;i = structural damping of the system
'hg = aerodynamic stiffness coefficient of the unsteady hinge

moment
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—hg = aerodynamic damping coefficient of the unsteady hinge
moment

k = reduced frequency, k = wc¢/2v, or wer/2v,

ke = torsional rigidity of the cross spring pivots, kg'm/rad

l = airfoil span

mg = aerodynamic stiffness coefficient of the unsteady pitch-

ing moment
—mg = aerodynamic damping coeflicient of the unsteady pitch-
ing moment

i = time

Ve = alr velocity

79 = nondimensional distance slong the chord from the lead-
ing edge

B = flap angle or its amplitude of oscillation

6 = pitching angle or its amplitude of oscillation

pw = airdensity

w = circular frequency, rad/sec
& = 2kM /(M2 — 1)

. = time derivative

Introduction

ATCORI)ING to the linearized unsteady theory for two-
dimensional transonic potential flow, the possibility of
single degree-of-freedom flutter for a range of small values of
reduced frequency is shown with both the pitching motion of
an airfoil and with the rotational motion of a flap.t=3
However, there is a need for some experimental verification

<R to support the foregoing theoretical statement since, in the



